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ATR FLOW AGATNST INCLINED PLANES AND
AXTAITY SYMMETRIC CONES

By W. E. Mosackel and J. F. Connors

SUMMARY

A set of charts is pressnted for the convenlent determination of
Tlow conditions behind a shock wave and at the surface of inclined
Planes and axially symmetric cones located in a uniform frictionless
supersonic air stream. Shock angle, static-pressure ccefflcient,
static-pressure ratio, total-pressure ratio, Mach number ratlo, and
velocity ratlo for two-dimeansionsal and conicel flow fields are
plotted for’e range of free-stream Mach numbers from 1.05 to infinity.
The charts for two-dimensional flow were calculated from theorstical
rslations for oblique shocks in frictionless air streams. The charts
for flow agalnst cones were obtained from solutions previously
raported. A chart of the Prandtl-Meyer relations for two-dimensional
isentropic flow around cormers is also presented.

INTRODUCTION

The deflection of a uniform supersonic air stream produced by
any obstacle in the stream results in the formailon of a shock wave.
the alr flows through this shock wave, it is compressed (ralsed

tu a higher static pressure) and i1ts veloclity is reduced. Because the
entropy of the air increases in passing through & shock, the total
ressure of the alr stream is alzso reduced. If the shock is not
normal to the free-sbream flow direction, the flow direction lIs
changed in passing through the shock. The theory of compression
shocks indicates that, if friction is neglected, the conditions
immediately behind the shock are completely determined by the con~
dltions of the free stream and the angle between the shock wave and
free-stream flow directions. In order to predict the conditions at
the surface of an obstacle in the stream or in the f1eld betwesn the
shock and the surface, it is therefcre necessary to know the relation
between the geometry of the obstacle and the angle of the resulting
ghock., This relation has been determined for only a few simple, but
very important, geomeiric elements, emong which are the inclined
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plane surface and the axially symmotric cone. The charts presented
are intended to provide, in convenient and cowplete form, the theo-
retical relations required to determine the supersonic flow agalnst
thege two types of obstacle and the conditions immedlately behind any
shock vhen its direction is known. The squations used to compute the
charts for flow conditions behiund a shock and on the surface of an
inclined plane were derived from those given in reference 1. The
charts of the conditions on cone surfaces were constructed from data
presented in references 2 to 4. A chart giving the Prandtl-Meyer
relations for supersonic flow around corners (discussed in refer-
ence 5) is also presented.

SYMBOLS
The following symbols are used in this report:

a local sound veloclty

a critical velocity (Ezl-gRTxl/z
cr 2 \y-1 ;
g gravitational constant
L velocity component parallel to shock
Mach number

Moy ratio of free-stream velocity to critical velocity, (qo/acr)

P total pressure

P static pressure. .
q velocity

R ges constant

T total temperature‘

t stgtic temperatufe

u,v velocity components parasilel and perpendicular, regpectively,
to the free-stream direction

B Mach angle
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® angle between shock anﬂ.flow'direction ahead of shock
¥ ratio of specific heats
A

angle between flow ahead of and behind shock

O¢ cone half-angle
Oy angle between inclined plane and free-stream direction
o) density

Y angle through which flow is expanded (Prandtl-Meyer theory)

Subscripts:

0 conditions in stream before shock

1 conditions behind shock (or before Prandtl-Meyer expansion)
2 conditions afte; Prandtl-Méyer expansion

c conditions on cone surface

w conditions on surface of inclined plane

cr critical values

max  maximum values

DESCRIPTION OF TWO-DIMENSIONAT, AND CONICAL FLOW

A sketch of a wedge with one surface parallel to the free-stream
direction and the other surface inclined at an angle 6, is presented
in figure 1. The flow of g frictionless supersonic air streasm
agalnst such a wedge may be described as follows: As the air stream
passes through the shock attached to the leading edge of the wedge,
it is deflected upward through an angle A. If 6, is less than a
certaln maximum value. Apax Gependent on the free-stream Mach —_
number Mgy, the shock is attached to the leading edge (fig. 1). The
flow direction is then constant in the entire field between shock and
surface; the surface angle is egual to the angle cf deflection
through the oblique shock (A = w). The compression of the flow,
which must result from such a deflection, takes place abruptly through
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the obligue shock wave emanating from the leading edge. If the wedge
is assumed to extend an infinite distance downutream, the oblique
gshock is stralght and of constant inteneity to infinity, which means
that (a) the flow is deflected en equal amount vwherever it passos
thiough the shock and (b) conditions behind (downstream of) the shock
are everywhere egual. The intensity of the shock For a glven value
of Mp 1is a function of the shock angle @, which is In turn
dependent only on A. For 64 = A =0, there 1s no flow deflection
or compression and the shock wave becomes & Mach waye., The shock
engle © 1is then equal to the Mach angle B = sin~tifMMy. Ae 6

is increased, the shock angle and, consequently, the shock intensity
increase. When 6y reachos a certain critical value A,., which
depends on My, the flow behind the shock becomes sonic (M = 1.0).
For values of 6y greater than Ag, the flow behind the shock 1s

everywhere subsonic (N& < 1.0).

When 6, vroached a certain maximum value A, (slightly
greater than Acr) the shock wave becomes curved and stands upstream

of the leading edge. The flow behind the shock 1s no longer uniform;
the deflection of the flow in passing through the  shock varies from
point to point, depending on the angle of the shock at that point.
The angle of deflection of the flow A 1is no longer to be iden~
%ified with the surface inclination 6; and the conditions on the

surface are no longer the same as those immediately behind the shock.

As 6y 1is further increased beyond Ap.y, @ and p; conbinue
to increase, but A decreases. When 6&; reaches 90°, the shock
vave 1s normal. to the free-stream direction over the entire area
ahead of the surface and the flow deflection through the shock 1s
Zero. - '

If the shock is attached to the leading edge of the surface,
the flow past the lower surface of the wedge shcwn in figure 1
remains unaffected because it is parallel to the free-stream direction.
When the shock becomes detached, howevor, the flow from the upper
region, which is now subsonic and at a higher pressuro than the free
stream, will expand around the leading edge into the lower reglon.
This expension will result in a compressive deflection cf the Free
etream in that reglon and a consequent extension of the shock wave
into the lower reglon. When 6, exceeds Jyuy, & complete bow wave
will therefore appear, which is normal to the froe stream just ahead
of the leading edge. The lowor half of the wave, however, will degen-
erate Ilnto a Mach wave at some distance from the wedge because tho
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flow bohind the shock is expending to free-stream conditions. On
the otlher hand, if the wedige is of infinite extent as aseswmed, the
upper half of the shock wave maintains s finite intensity.

A description of supersonic flow past a symmoitrical cone wilth
the axis parallel to the free-stream direction (fig. 2) is analogous
in several respects with the descriptici: of flow over inclined )
surfacea glven previously. The shock angle and the shock intensity
agein very continuously with cone half-angle 6, up to a maximum

valuec Oc,max Peyond which the shock becomes detached from the

cone tip and stands shead of the cone as a bow wave.  The important
difference lies in tlo fact that, even with the shock attached,

the conditions in the field between the shock and the cone are not
constant. After the compression through the shock wave, there is

a further compression of the flow between the shock and the cone )
surface. The streamlines behind the shock are therefore curved and
the cone half-angle 6, cannot be identified with the angle of flow
deflection through the shock A. The condition of the flow imme- '
diately behind the shock, however, is determined from the oblique-
shock relatlons previovsly described if the shock angle ¢ i1s known.
The relation between tihis shock angle and the cono angle and the
condlitions on the cone surface mugt be determined by integrating the
differential equation for axially symmetric conical flow. This
equation has been dorived, in different forms, by Teylor and

Maccoll (references 2 and 3) and by Busémann (reference 6). Tho
authors of references 2 and 3 carried out the integration of their
equation for Mach numbers up to 8 and for shock angles up to those
obtained for 6, ,max’ The integration of Busemunn's equation was

carried out by Hantzche and Wendt (reference 4) for Mach numbers to
infinity and for all shock angles. No attempt has been made in this
paper to recalculate the results. .The over-all agreement between
the two independent calculations alrveady made is deemed sufficient
to assure their accuracy. The data for the charts on conical flow
wore merely replotted and cross-plotted in this report for the sake
of completeness and greater accessibility. These charts apply only
to cones at an angle of attack of 0. Theoretical discussions of
conlcal flow at angles of attack may be found in references 7. and 8.

The preceding discussion is concerned only with deflections of
the flow resulting in compression. Conditions resulting from an
expansion of the flow around a portion of an obstacle inclined away
from the flow direction, such as the trailing portion of & wing, can
also be theoretically determined. If the flow is two dimensional,
the Prandtl-Meyer theory for expansion around corners is used
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(reference 5). A chart is included in this paper giving the Prandtl-
Meyor relations up to a Mach number of 4. The use of this chart is
subsequently described.

DESCRIPTION OF CHARTS

Total-pressure ratio across shocks. - Because the compression of
the flow through e shock is not isentropic, the total pressure of the
stream behind the shock is less than that of the free stream. The
ratio of the total pressures behind and ghead of the shock Pq/Pq
depends only on the shock angle ¢ and on the Mach number before the
shock My. (See appendix, equation (16).) This relation is plotted in
figure 3 for values of My from 1.2 to 15.0., Because the additional
compresslon between the shock and the cone surface 1s assumed to be
isentropic, this chart may be used to find the totsl pressure in a
conical as well as & two-dimenasional fisld. The intercepts of these
curves at @ = 90° correspond to a normal shock, whereas the other
limits of the curves at Pl/PO = 1.0 correspond to the Mach angles.

Change in flow direction, atatic pressurs, and Mach number
acrosgs obllgue shocks, - The obligue-shock relabtions betwesn angle of
flow deflectlon A and shock angle ¢, static-pressure coefficient

(p1/og) - 1
___;EBE_-—-U static-pressure ratlio Pl/bo: end Mach number ratio

Ml/Mo_ are plotted in figures 4, 5, 6, and 7, respectively, for
several free-stream Mach numbers Mgy. The flow against inclined
plane surfaces is directly determined from these charts.

In these figures, two shock solutions are given for each
A< Mpaxe When a plane surface 1s inclined at an angle 6, < Ay,
the solution indicated by the solid lines 1s by far the more likely
to occur in practice. There is experimental evidence, however, that
the dotted-line solutions occur under special conditions (reference 9).
Except for such speclal cases, the dotted upper portions of the curves-
are useful In practice for determining only the flow conditions
imnedlately behind various portions of a detached shock wave if the
angle of the wave is known at each point. If a detached shock is -~
complete bow wave, whose angle ® with the free-stream direction
varies from 90° down to the Mach angle, then each point of the curves
for a given value of My ie represented by a point on the bow wave

ococurring at that value of My. The form of such a bow wave has not
yoet been theoretically determined but must be detorminod by experiment.
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The theoretical determination is complicated because for such shocks,
& mixture of subsonic and supersonic flow exists in the £leld behind
the shock and because the field 1s not uniformly isentropic.

As an oxample of the use of the charts in figures 3 to 7, con-
slder a symmetricael wedge of half-angle €, = 10° at an angle of
attack of 0° in an ailr stream of Mach number My = In figure 4,-
the shock angle @ is 39.2°. The static-pressure coefficient fronm
figure 5 1s 0.128 and the static-pressure ratio p is 1.7 (fig.s).
The ratio of the Mach mumber in the field behind tﬁe shock M; to the

free-stream Mach number M, from figure 7 is C.82; therefore, M; 1s
1.84. From figure 3, the total-pressure ratio is found to be 0.993.

The values of A in figure 7 for which M; reaches 1.0 are
slightly less then MAp,y; that is, the flow behind the shock is

already silghtly subsonic before shock detachment occurs. For
= 2.0, for example, M;/My = 0.5 when A = 22.7°, whereas

% o)
Amax = 22.95°.

Flow past axially symmetric cones. - Graphical solutions of
the differential equation for the axlally symmetric conical field
have been determined for all shock angles and all free-gtream Mach
numbers in reference 4. The shock angle and the prossure coefficient
are plotted in reference 4 againsit cone half-angle for various values
of Mgy. These two charts are replotited in figures 8 and 9 for
various values of Mgy, which is a simple function of Mgy, (Ssa
appendix, equation (7).) The integrations carried out in refer-
ences 2 and 3 were less comprshensive than those in reference 4
and covered only the solid-line solutions (fige. 8 and 9) for Mach
numbers up to 8.0. Within this range, the  two methods were compared
at a number of points and were found to be in complete asgreement
within the error in reading the values from the respectlve charts.
This error in readability was .ebout £0.5° for the shcck angle and
about £0,01 for the pressure coefficient. Figures B and 9, although
. Plotted on a more readable scale, are therefore limited to the
accuracy of the reference charts. The Pairing of curves through the
points, however, should average out some of the reading errors.

An examination of figure S shows that the shock angle @
increases with half-angle of the cone’ 8, up to a maximum angle
8¢ ,max which is considerably greater than Amey Found for two-
dimensional flow (fig. 4). Again there are two solutions for the
shock angle at each 6, < 90 max- 1 this case, however, no exper-
Imental evidence is known for the occurrence of the broken-line
~ solutions. The flow conditions immediately behind a conical shock
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are still determined from ths twoc-dimensiomnal oblique shock relations
of filgures 3 to 7 once the shock angle @ huas been uetermined for a
partlcular cone angle.

(o/P0) -1
Miy?

© 1s plotted egainst cone half-angle 6 for all values of My in fig-
ure 9. .

The pressure coefficient at the surface of the cone

The ratlio of static pressure on the cone surface p, to the free-
stroam statlc pressure py 1s plotied for Mg = 1.05 to 2.0 in fig-
ure 10(a), for My = 2.0 to 6.0 in figure 10(b), and for My = 6.0
to 15.0 in figure 10(c¢). The data were calculabed from figurs 9. At
qc = 0, +the static pressure at ths cone surface Pe 18 the sare as
the static proessure behind the shock py; both for the normal-shock

solution and for the Mach angle solution, (Compare figs. 9 and 10
with figs. 5 and 6 )

The ratio of the Mach number at the cone surface M, to the free-
stream Mach number My 1s plotted againet cone half-angle in fig-
ure 11(a) for My = 1.05 to 2.0 and in figure 11(b) for Mgy = 2.0
to 15.0.. -These curves were calculated from the pressure ratios of
figures 6 and 10, as explained in the appendix (equatidn (18)). The
critical 6,5, for which the surface Mach number M, is 1.0, does
not closely correspond wlth the maximum angle for which the shock
romalins attached to the cone tip 8, y,y. For MO = 2.0, for oexample,
My = 1.0 when 6, = 36.4°, whereas’ 6y y.y = 41°. The difference
betwoeen critical a.nd maximum cone angle is greater than the diffserence
botween criticel and maximum plane~surface inclination (fig,. 7)
because there is an addlitional adiabatic compression between .shock
and cone surface. In fact, a small range of cons angles exists for
each Mgy for which the flow behind the shock is partly supersonic
and partly subsonic: the subsonlc flow 1s nearest the cone surface.

The range of cone angles for which a mixed subsonic-supersonic
Tleld exists ie dectermined by finding the limiting 8, for Mg = 1.0
end for M; = 1.0. Using the curves for My = 2.0, 1t is found from
flgure 7(a) that Ml 1.0 when the angle of deflection through the
shock A 1s 22,7°. For this value of A, @ from figure 4 is 6l. 39,
Frem figure 8, the oone half-angle that produces this shock-arngle is
determined to be 38.9%. This angle is then the limiting 6, for
which the entire field 'behind the sghock is subsonic. The surface
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velocity, however, wasg alreadv gonic for 64 = 36.4° (fig. 11).
From 6, = 36. 4° “4o 38. 9 the subsonlc-flow sector therefore
increases gradually from the cone surface to the shock surface.

Determination of other flow variables. - In the appendix it is
shown that the velocity at eny point depends only on the Mach number
at the polnt and upon the critical velocity, which is determined by
free-stream conditions. The relation is plotted in dimensionless
form in figure 12. From this figure, the velocity at the cone
surface q, may be determined when M, has been found from fig-
ure ll. Similarly the veloclty irmedistely behind the shock dy,
or on the surface of an inclined plane, masy be determined when the
Mach number M; has been found Ifrom figure 7. With the velocity
ratlo and Mach number ratio kmown, the ratio of sound velocities may
easily be calculated, The density ratio is then obtained (because

= 7p/p) from p/po p/?0 (ao/a.) and the static-temperaturs
ratio, from t/tg = (a/eg)?.

Iwo-dimensional expansion around corners. - The charts
presented have been concerned with flow conditions resuliing from
compresslive deflection of the free stream. For the case of two-
dimensional objects, there are also simple relations to determine
conditions after an expansion through any given angle from given
initiael conditions. These relations result from the Prandtl-Meyer
theory of supersonic flow around corners. The theory iteself will
not be given but may be found in reference 5. According to this
theory, the Mach number and the static pressure are functions only
of the angle through which the flow 1s turned.

These relations are plotted in figure 13, with the turning
angle V as abscissa and the corrssponding Mach number M, ratio
of static to total pressure p/P and Mach angle B as ordinates.
This chart is based on the initial condition that M = 1.0 for
zero flow deflection (¥ = 0). The equations (19) and (20) used to
plot these relations are given in the appendix. In order to use
the chart for any other initial Mach number (within the range of the
chart}, it may bs assumed thet the flow has already been deflected
through an angle Wl, which corresponds to the initial Mach number
M, assumed. The conditions of the flow following an expansion of
A degrees around a corner may then be obtained by reading the ordi-
nates for an abscissa W = ¥y + A. Because the Prandtl-Meyer theory
is valid only for isentropic flow, it is only approximately accurate
for compressive deflections resulting in shock waves. If the total-
Prossure loss through the shock is negligible, however, figure 13
may also be used to determine conditions resulting from compressive



10 NACA TI¥ No. 1373

def'lection. For such compressive turning, conditions after a deflec-
tion of A degrees are found by reading the ordinates at V =W, - A,
vheie Wl is the abacissa corresponding to the initial conditiona.
The accuracy of the approximation may be checked by obtaining corre-
eponding values from the shock charts (figs. 6 and 7). The use of the
chart is 1liustrated in the following example: An airfoil with a
symmetricel-diamond profile having edge anglea of 20° is placed in a
unitorm air stream of Mach number Mg = 2.0 at an angle of attack

of 0. (See sketch, fig. 13.) The conditions in field (1) are deter-
mined from the shock charts. From figure 6(&), the statloc-pressure
ratio acrose the shock emanating from the leading edge is found to Dbe
1.70; the total-pressure ratio, from figures 4 and 3 is 0.983. The
ratio of static pressure to total pressure behind the shock is there-
fore - : - '

p1/Py = (1.70/0.983) (2 /Pp)

where PO/PO is a simple function of Mach number and may be obtalned
trom figure 13. For My = 2.0, pg/Py = 0.127; hence, 1p;/P; = 0.220.
For this ratio, it is found from the same set of curves that M; = 1.64,
These values are the initlal condltions for the subsequent expansion
through 20° around the midpoint of the profile. The absclsse on fig-
ure 13 for these conditions (Ml =1.64) is ¥ = 16.2°. The abscissa
i'or the conditions after the expansion is V¥ = 16.2° + 20° = 36.2°.

The conditions on the rear surfaces of the airfoil are now read for
this abscissa: My = 2.38, pp/Pq = 0.072. :

The Mach engle £ 1is useful if it is desired to plot the expan-
gsion region; the expansion tekes place through a yedge-shaped region
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bounded by lines making angles of B, + 10° = 37.2° + 10° = 47.2° and
Bo - 100 = 24.8° - 10° = 14.8°, respectively, with the free-stream
direction.

More complete charts for the determination of flow conditlons
following expansion around corners may be found in reference 10.

Flight Propulsion Research Laboratory,
Natlonal Advisory Committee for Aeronautics,
Cleveland; Ohioc, January 15, 1947.
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APPENDIX - EQUATIOiVS USED FOR COMPUTING CHARTS.

A derivation of the equations that hold across an oblique shock
may be found in reference 1. The relations given in that reference
are modified somewhat and rewritten in terms of more convenient vari-
ableos. The modifications made are as follows: -

The relations between the static-pressure retio across a shock
pl/po, the angle of deflectlon through the shock A, and the shock

angle @, are as follows (reference 1, p. 238, equations 2.6 and 2.7,
notations modified)

. [(7-1)+(7+1)§—;- (7 = 1)
siln P = = 5T . (1)
_ Bo\ 7
v &) -
Pl ]
tan (P ~ A) =(7~l)+(7+l) 55_”21._ (2)
tan (90 - ®) (7+l)+(7-—1)§—1' Po
0

Because the quanitity in the bracket of the denominator of equation (1)
is equal to 7—;-1'- MOZ, equation (1) may be algebraicelly converted
to

Dy
2 = (sta® @ - 1/?)(1 - 12) (3)
Mo
where
2 _¥—=1 ._
k" = 7Y+ L

An altermative form of equation (2) ; whioh gives A as an explicit
function of @ or pl/po, may be derived. In the notation of fig-
ure 1, the conservation of mass flow, momentum, and energy equations
may be written
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Mass:
colp = P1N;
Momentum: '
; o =11
2, 2
Do + polo~ =Py + p1N7” = constant
Energy_': o l .
ag? + 20° _ a2 N Q2 _ Boy?
-1t T Tyt T2

v

From equation (8),

a-c:r2 2+ 1 - k2
2 2
£ Y

(4)

(52)

{5b)

(8)

(7)

From these equations, the velocity components in the horizontal and

vertical directions are found to be (fig. 1):

up = Ly cos P + Ny sin @
2‘ : (8gp? — k2qn8 cos? @) sin @
= Qg co8” P + —= “qq 8in @
= (1 - x2) %o cc;s,ch +-a¢r2_/qo
vy =1j sin ® - Ny cos @

vhere N; was determined from the relation
N =8 2 2
Noly = agy” = KoL

derived from equations 4 to 8.

cot Cp{qo [1 - (1 - k) cos? @] - acrz/qo}

(8)

(9)

The equation for A is now found by dividing equation (9) by

equation (8) and rearranging terms and symbols with the help of

equations (3) and (7):
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tan A = (10)

cot P
moi -

C_l_ _
Do

1

Mo/

Equations (3) and (10) were used to plot figures 4 to 6. For Mo = oo,
equation (3) becomes

Py
5 - B
0 =—= (1 - ¥°) sin? @ (11)
and equation (10) becomes
- 12 2
tan?\=(l k%) sin® P cot @ (12)

1 -(1~%k) gin® @
The ratio Ml/MO plotted in figure 7 was obtalned from the identity

| \1/2
My _ %1 (PoP1L 13)
Mp 9 (Pl Po) : _ (

The ratio q1/qq may be determined from equation (8):

2
q u (1 - ¥2) qq coszCP+E§g—
—-:!'-COB A= —-]==
Qo 40 1o

which may be written as

8.2
q-icos A = cos® @ 4+ -SX k2 cos? @
do 2

40

a. .2
1 - (sinz CP-.GE + K2 coe_sz ':P)

1.0 ) (14)
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The guantity py/pg 1s obtained from equation (2)

Py
o —_— k?
L B (15)
Po k2 gl‘+.l
Po

Figures 3 and 12, which apply for all flow across compression
shocks, may be determined from the above relations. For the ratio
of total pressure across the shock, the general compresslble-flow
relation may be used: ¥

e

7-1

| (18)

Because P,/P, and M, are both functions only of A and
My (figs. 5 to T) and, becauss A 1is a function only of My and
@ (£1g. 4), the ratio P1/P, may be plotted as a function of o
for various Mgy, as shown in figure 3.

Equation (7) shows that the free-stream velocity depends only
on the critical veloclty and the free-stream Mach number. Because
Bop is constant across a shock, equation (7) holds for all velocities
before and after the shock. The ratic of any velocity to the free-
stream velocity may therefdre be written in the following form:

( . >z . Y {/kzMOz L1 -2
— 202 2 2y 2
dq - kK°M° + 1 - k \\ 8cn Mb /.
7-1 o ) -1 _ 2
—_Mn +1 .+ 1 4 —
=(M)..2 0 o 7z Mo ()
M) 71 (Ho\ 'y o1 2
Yo/ I a1 g 7:1 Mg

Equation (17) is plotted in figure 12 and may be used to determine

the velocity immediately after a shock q; if M; has been determined
or to determine the velocity at the cone surface ¢, 1f Mg has been
found. i
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The Mach number at the cone surface is determlned from lsentroplc
conpression relations 1f the pressure and Mach number immedlatsly after
the shock and the pressurs at the cone surface are known. The relation
is

2 2 l*%Mlz

"I(Pc) y

| \1 -
where ©pj, My, and p, may be determlned from figures &, 7, and 10,
resvectively. The ratlc Mc[‘MO is plotted egainst 6, in figure 1l1l. -
The angle of deflectlon through the ghock A, from which Py and My

are determined, is found from figure 4 when the shock angle @ has
been determined from figure 8.

The derivaetion of the Prandtl-Meysr relations for flow around
c:rners is given in reference 5. In the notation of this paper and
with the initial condition that V¥ = 0 vwhen M=1.0, these relations
(plotted in fig. 13) are given by the following equations:

v = ]2;. tan-l (kM2 — 1) + sint % — 90°

- %Eta.n'l (k cot B) + p — 90° | (19)
.7
B- (o)
S [(L=12) cos® k (Y — g + 90°)) (20)
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various free-stream Mach numbers. 7Y, 1.40.
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